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plenum chamber pressure 

- 
' t 2  max ' t 2  min total pressure distortion parameter, - 
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actual mass flow flow coefficient of bleed holes theoretical sonic 

capture radius 24.862 cm (9.788 in.) 

capture radius of previous inlet model (ref. 3) 19.403 cm (7.639 in.) 

local radius 

local radius of centerbody 

local radius of cowl 

velocity within the boundary layer 

velocity at the edge of the boundary layer 

velocity 

axial distance measured from the centerbody tip 

axial distance measured from the cowl lip 

centerbody translation from the design position (at the design position the cowl lip is 
at x/R = 2.325) 

stability margin to  inlet unstart due to  a decrease in the engine airflow demand 

critical 

height within the boundary layer measured from the surface 

inlet angle of attack, deg 
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Subscripts 

00 

0 

2 

bl 

critical 

exit 

1 

max 

min 

supercritical 

inlet angle of attack for incipient unstart, deg 

boundary-layer thickness 

density 

freestream 

inlet lip 

engine face 

bleed 

critical conditions (i.e., just before the inlet unstarts) 

conditions at exit 

local 

maximum 

minimum 

conditions with the terminal shock wave downstream of its critical position 

NOTE: The configurations are identified in table 5. 
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COMPRESSION AXISYMMETRIC INLETS AT MACH NUMBERS 0.8 TO 2.65 

Donald B. Smeltzer and Norman E. Sorensen 

Ames Research Center 

SUMMARY 

The internal performance is presented for a mixed compression axisymmetric inlet model at 
Mach numbers ranging from 0.8 to  2.65 and 0” angle of attack. The data were recorded at a tunnel 
total pressure of approximately 1 atm (a Reynolds number of 8.53X1O6/m at Mach number 2.65). 
The results at Mach number 2.65 are compared with inviscid predictions of the surface pressure 
distributions, bleed mass flow and pressure recovery, and boundary-layer profiles. In addition, a 
performance comparison is made between the present inlet and another inlet with the same internal 
contours but with a bleed pattern developed by “cut and try” methods in the wind tunnel. 

The model has a capture diameter ,of approximately 50 cm and is 2.5 capture diameters long 
from the cowl lip to  the engine face. Other model features are a “traveling” centerbody bleed 
system for off design operation, a fixed cowl bleed system, bypass and secondary air systems, cowl 
support struts, and vortex generators. 

The supersonic diffuser was designed for near isentropic compression at  Mach number 2.65 by 
uit: ~~it::iiiuci of characteristics. The design provided a throat area that was 59 percent of tne capwre 

using analytic methods that accounted for the effects of both viscous and inviscid flows, incorpor- 
ated empirical bleed discharge coefficients, and included experimentally derived criteria for flow 
separation. 

i l  

cLlyp n-on .who- wllull the centcrbody was ex:cnbd f G i  :ranso& opeiation. The bleed jjistein xiis designed 

With the predicted bleed configuration and vortex generators on both cowl and centerbody, 
critical total-pressure recovery at Mach number 2.65 (Le., just prior to  inlet unstart) was 
93.2 percent, with a total pressure distortion of 9.4 percent. The corresponding bleed mass flow was 
7.3 percent, which was 1.5 percent less than predicted. At a predicted supercritical operating point, 
total pressure recovery was approximately 90 percent with 12 percent distortion and a correspond- 
ing bleed mass flow of 5.4 percent - 1.0 percent less bleed than predicted. Small alterations to the 
bleed system were required for satisfactory operation at lower supersonic Mach numbers; with these 
changes, total-pressure recovery and bleed were generally lower and distortion generally higher than 
at Mach number 2.65. A number of variations to the bleed system were tested at Mach number 2.65 
but the performance was improved only slightly , indicating that the bleed design procedure was 
used successfully. It is concluded that valuable wind tunnel test time might be saved by employing 
such procedures in the design of future inlet bleed systems. 

The performance at Mach number 2.65 was comparable to  the performance of the inlet‘with 
the bleed system developed by “cut and try” methods in the wind tunnel. At lower supersonic 



Mach numbers the performance was better for the inlet with the “cut and try” bleed system, but 
this inlet required removal of the vortex generators for satisfactory performance at these conditions. 

INTRODUCTION 

Until recently the bleed systems necessary for high performance supersonic inlet systems were 
developed in wind tunnels by “cut and try” methods. These methods are time consuming and 
expensive in terms of wind tunnel testing costs. Now with a recently developed design procedure 
(refs. 1 and 2), bleed systems can, in principle, be designed so that only fine tuning of the bleed 
system will be required in the wind tunnel. The primary purpose of the present investigation was to  
determine experimentally the validity of the design procedure. A secondary goal was to  compare 
the performance with the performance of an inlet system which had a bleed system developed by 
“cut and try” methods in the wind tunnel (ref. 3). 

The internal contours were designed for Mach number 2.65. The design procedure for the 
bleed system was applied over the Mach number range 1.8 to  2.65. The procedure accounted for 
both the viscous and inviscid flows, used experimental criteria for flow separation, and used experi- 
mental results for the flow coefficients of bleed holes. These analyses were used to  predict a 
configuration for the bleed system. Vortex generators were also included downstream of the throat 
to  reduce the flow distortion at the engine face. 

Experimental results were obtained from a large scale model in the Ames Unitary Plan Wind 
Tunnels at Mach numbers0.8 to  2.65 and a constant total pressure of about 1 atm (a Reynolds 
number of 8.53X 1O6/m at Mach number 2.65). [The same facilities and test conditions were used 
for the inlet with the “cut and try” bleed systems (ref. 3).] A photograph of the model mounted in 
one of the wind tunnels is shown in figure 1. 

Total-pressure recovery and distortion at the engine face were measured as a function of bleed 
mass flow. In addition, surface pressure distributions, boundary-layer profiles, and inlet sensitivity 
to unstart caused by changes in angle of attack or  Mach number were measured. Results were 
obtained for different bleed and vortex generator configurations. 

MODEL 

A sketch of the model is shown in figure 2 and the coordinates of the internal contours are 
presented in table 1.  The capture diameter was 49.724 cm (1 9.576 in.). The model had a remotely 
controlled centerbody that translated from Ax/R = -0.01 5 to Ax/R = 1.555 (transonic position). 
Bot‘h the cowl and centerbody bleed systems were divided into isolated plenums. From these 
plenums the flow was discharged overboard through calibrated exits, the areas of which could be 
varied manually on the model. Four struts supported the cowl and provided ducting to  the center- 
body bleed exit plenums located on the cowl. The bypass and secondary air systems were located 
just upstream of the engine face. Air passed through the bypass gap into a plenum and was 
discharged to  the freestream through the bypass doors and/or secondary airvalves. Both the bypass 
doors and secondary air valves were remotely controlled. At the engine face, total pressures were 
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measured with rotating rakes; downstream of the engine face there was a mass flow control plug 
(not shown) to  vary the position of the terminal shock wave. Rotation of the rake and translation 
of the plug were remotely controlled. 

Details of the bleed system and the initial location for the vortex generators are shown in fig- 
ure 3. Tables 2 and 3 show the location of all of the bleed holes available on the model. The bleed 
hole sizes, locations, and angles were obtained from the design procedure to be discussed later. The 
cowl bleed flow was discharged into three isolated plenums. Each plenum was divided circumferen- 
tially at 90” increments to  minimize possible cross flow. The bleed holes for plenums 1, 2 and 3 
were drilled at 20”, 40”, and 90” from the wall, respectively. 

The centerbody bleed system was considerably more complex since the design features of this 
inlet required a unique boundary layer bleed system for the translating centerbody. For good 
performance, boundary-layer removal from the centerbody surface near the inlet “throat” 
(minimum flow area) was required for supersonic Mach numbers greater than 1.6. With this inlet 
design, the location of the inlet throat remained fixed relative to  the cowl as the centerbody was 
extended from the M = 2.65 design position. Consequently, the location of the inlet throat relative 
to the centerbody and the regions on the centerbody from which boundary layer had to  be removed 
changed as the centerbody was extended. To accomplish the changes in location of the required 
bleed regions, a unique “traveling” boundary layer bleed system was devised (ref. 2). The elements 
of the system were seventeen compartments and two ducts within the centerbody support tube 
through which bleed air could be directed to  the exits. The seventeen compartments within the 
centerbody (fig. 3) were arranged such that each provided a connection between the boundary layer 
removal holes on  the surface of the centerbody and the two ducts within the support tube through 
a valving arrangement (much like a conventional sleeve valve). Proper arrangement of the receiving 
<lot\  i r i  ihr rvnrcrb~dy S U P ~ C ~ T  :=$e ;;xi :he dkhi i igc sh t s  fium iiie centerbody compartments 
provided the desired changes in  location of boundary-!ayer remova! from the centerbody surface as 
the centerbody was extended. Figure 3 shows the compartments (starred superscript) that were 
“active” and “bleeding” at the design position ( k / R  = 0). Plenums 1 and 2 discharged into the 
forward bleed duct and 4 and 5 into the throat bleed duct. The flow into all other compartments 
was blocked from the ducts by the support tube surface. From the support tube bleed ducts, the 
flow passed through separate passages in the support struts into isolated exit plenums and was 
discharged overboard through louvers. By extending the centerbody, plenums were opened and 
closed according to  a predetermined bleed “schedule.” 

The predicted bleed schedule for the centerbody is shown in figure 4 (configuration 1). Also 
shown are predicted centerbody positions for operation at  some of the off-design supersonic Mach 
numbers. These predictions were a necessary part of the bleed system design, as will be discussed 
later. The cross hatched columns indicate plenums discharging to  the forward bleed duct and the 
solid columns those discharging to the throat bleed duct. For instance, if the centerbody was 
extended to  &/R = 0.15, plenums2 and 3 would discharge to  the forward bleed duct and 
plenums 5 ,  6, and 7 to  the throat bleed duct. Early in the test it was found that with the predicted 
bleed schedule, there was terminal shock wave instability when the centerbody was translated 
through the “gaps” in the forward bleed (e.g., Ax/R = 0.23 to  0.30 for plenum 3). Therefore,. the 
bleed schedule was changed to  the modified schedule (configuration 2). This change was accom- 
plished by varying the items labelled “inserts” in figure 3. Note that although this change eliminated 
the “gaps,” it did not change the bleed at the Mach number 2.65 design position, k / R  = 0. The 
active bleed holes for the predicted centerbody positions at Mach numbers 2.65 and 2.50 and for 
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this revised schedule are shown in figure 5 .  Note that the skin thickness is constant for both cowl 
and centerbody. This means that the length to diameter ratio for the 20" and 40" holes is greater 
than for the 90" holes. This factor influences the flow coefficient of the holes and will be discussed 
later. 

INSTRUM ENTATION 

Detailed instrumentation consisting of static and total pressure rakes and static pressure ori- 
fices was used to measure the internal performance. Total-pressure recovery and distortion at the 
engine face were calculated with pressure measurements from eight equally spaced rakes, each with 
seven tubes spaced on an area weighted basis. Bleed mass flows were calculated from pressure 
measurements in the bleed plenum and pre-test calibrations of the bleed exits. Surface pressure 
distributions were measured with static pressure orifices located on the inner surface of the cowl 
and centerbody. Pitot-pressure profiles in the boundary layer were measured with rakes at several 
locations on the cowl and centerbody. Transonically (M, = 0.8 to  1.4), the inlet capture mass flow 
was calculated with pressure measurements from a single rake located at the throat. This rake 
measured both static and total pressures. Pressure measurements also were made in the bypass 
plenum, in the secondary air duct, on the external surface, and near the mass flow plug (for mass 
flow at the engine face). Results from these measurements are not included in this report. 

DESIGN 

The supersonic diffuser, subsonic diffuser, cowl support struts, and many features of the 
bypass system were the same as for the inlet system reported in reference 3. The design of these 
components was discussed in detail in that reference and they are therefore mentioned only briefly 
in this report. Conversely, since the bleed system and vortex generators used for the two inlets 
were considerably different, and since the secondary air system was used only in the present inlet, 
the design of these components is discussed in more detail. 

Supersonic Diffuser 

The supersonic diffuser contours were designed with the aid of the method of characteristics 
(ref. 4). The major goals were to  design contours which compressed the flow nearly isentropically to 
a Mach number of 1.25 in the throat at the design Mach number of 2.65 and to accomplish this task 
with contours that provided nearly the maximum possible throat area (0.595Ac) when the center- 
body was extended for transonic operation. (Other design concepts (ref. 5 )  can provide a greater 
transonic throat area but a translating centerbody has the least mechanical complexity.) The data in 
refirence 3 show that these goals were closely met. 

Subsonic Diffuser 

The subsonic diffuser contours were designed to  avoid losses due to flow separation with an 
area distribution that had a reasonably uniform growth rate downstream of the throat during 
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transonic operation. In fact, this transonic area requirement determined the contour of the center- 
body downstream of x lR  = 4.25. 

Cowl Support Struts 

The cowl support struts were sized for the expected centerbody boundary-layer bleed flow. 
Four struts were used in the present case, whereas three were used on the model described in 
reference 3; the total strut area was approximately the same for both models. The contours of the 
struts, the subsonic diffuser, and the supersonic diffuser gave the area distributions shown in 
figure 6. The total strut area distribution is shown separately. 

Bypass and Secondary Air System 

The bypass and secondary air sjjstems received flow from a coinmon gap just upstream of the 
engine face (fig. 2). The bypass doors were part of the smooth external contour when closed. The 
secondary air passage was sized to pass approximately 6 percent of the capture flow at Mach 
number 2.65. This flow was controlled with the secondary air valves (fig. 2). The round lip on the 
downstream edge of the gap helped to minimize the losses of the bypass and/or secondary airflow 
passing through the gap from the main duct. 

Vortex Generators 

Triangular vortex gcncrators were used for the present model whereas the generators were 
rectangular for the model in reference i . labie 4 shows the geometric dimensions of tne vortex 
generator configurations used for this test as well as the configuration used for the model described 
in reference 3. The rectangular generators were 12 percent thick airfoils while the triangular genera- 
tors were 0.16 cm thick plates with rounded leading edges and blunt trailing edges. 

- 

It is important to note that as the centerbody was extended for offdesign operation, the 
vortex generators on the centerbody entered the supersonic flow field; rather severe performance 
penalties resulted when rectangular generators were in supersonic flow (ref. 3). However, unpub- 
lished results indicated that these penalties would be less for triangular than for rectangular genera- 
tors and that fewer pairs of generators would probably be sufficient to reduce the total pressure 
distortion at the engine face to an acceptable level. Consequently, a relatively sparse distribution of 
triangular generators was used for the present inlet. 

Bleed System 

The bleed system was designed using the procedure described in references 1 and 2. Briefly, the 
methods are as follows. The centerbody position for an inviscid throat Mach number of 1.25. was 
computed over the Mach number range for started inlet operation ( M ,  = 2.65 to 1.6) using a 
computer program employing the method of characteristics. Next, the boundary layer on both cowl 
and centerbody was calculated using a finite difference solution of the boundary-layer equations 
(ref. 1). From the boundary-layer calculations, contour maps of the boundary-layer power law 
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exponent N were made as shown in figure 7. Shock wave impingement locations and lines of 
constant centerbody boundary-layer power law exponent are plotted as a function of centerbody 
station for the full range of started Mach number centerbody positions. (Note that there is no 
computer solution downstream of the second shock because the solution indicates detachment (Le., 
subsonic flow without bleed).) Experimental results from similar inlets have shown that separation is 
imminent when N is approximately 3 or less in the supersonic diffuser upstream of the throat or less 
than 7 in the region of the throat. It should be noted that when mass is removed through a bleed 
area, the velocity distribution through the boundary layer at the beginning of the bleed area is 
changed from its predicted distribution - one that is near separation - to  a more fully turbulent 
profile at the end of the bleed area. The profile established, of course, depends on the amount of 
mass- removed through the bleed area. That is, immediately upstream of the bleed region, the 
boundary-layer equations are solved subject t o  the wall boundary conditions where the velocity on 
the wall is zero and there is no flow through the wall. In the bleed region, the second condition is 
not iero and the boundary-layer equations are solved continuously based on the amount of mass 
removed. Downstream of the bleed region the original boundary conditions are again imposed. 
Thus, various values of the bleed mass flow ratio are tried in the bleed area until just enough of the 
boundary layer is removed to  prevent separation. This procedure is used for each bleed region until 
the minimum total mass removal is found to  eliminate separation everywhere along the surfaces. 

The bleed hole slant angles were determined using experimental results for the performance of 
bleed holes as reported in reference 6. An example of bleed hole performance is shown in figure 8 
where the flow coefficient of holes Q is plotted as a function of the bleed flow total-pressure 
recovery. Data are shown for two local inviscid flow Mach numbers and three hole slant angles 8. 
Three important flow characteristics are evident from the curves: (1) the flow coefficient Q 
increases with decreasing slant angle 8; (2) the pressure recovery is higher (Le., bleed drag is lower) 
for a given Q as 8 decreases; and ( 3 )  the ratio of Q at lowet Mach number to Q at a higher Mach 
number (i.e., the change in bleed with change in Mach number) increases with increasing 8. Charac- 
teristic 3 was important because the throat bleed system was designed for a relatively large change 
in bleed as the terminal shock wave moved in the throat, thus contributing to  the stability margin 
A w, as will be discussed later; therefore, 90" holes were used in the throat. In the mid bleed regions, 
40" holes were used as a compromise between characteristics 2 and 3, since some contribution to  
A w had been observed for the model of reference 3. In the forward regions, 20" holes were used so 
that the bleed pressure recovery would be as high as possible. 

The size of the bleed holes relative to  the boundary-layer height was also considered. Unpub- 
lished results showed that holes with a diameter approximately equal to  the boundary-layer dis- 
placement thickness offered minimum disturbance to  the inviscid portion of the flow. However, it 
was anticipated that some alterations to  the bleed pattern would be required in the wind tunnel (the 
bleed pattern was altered by opening holes or filling them with dental plaster). Holes of 0.1 59 cm 
diameter, approximately twice the displacement thickness, were chosen to  facilitate the alterations. 

i 

f 

I The last parts of the bleed system to be designed were the exits. The mathematical analysis is 
described in reference 7. Convergent-divergent nozzles were used for the throat bleed exits and 

operated near the "knee" of the curves in figure 8, thus giving reasonably high plenum pressures 
(Le., low bleed drag) and large flow coefficients for the bleed holes. 

, convergent nozzles for the forward bleed exits. The nozzle exit areas were sized so that the system 
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The predicted performance of the bleed system at Mach number 2.65 is shown in figure 9. The 
curves of bleed mass flow versus plenum pressure recovery were calculated from inviscid pressure 
distributions and Mach numbers, duct total pressures, the bleed hole areas, and experimentally 
determined flow coefficients for similar bleed holes (fig 8). For the throat bleed, several curves are 
shown because the local inviscid flow Mach numbers and surface pressures changed as the terminal 
shock wave moved in the throat. Also shown is the line of mass flow versus plenum pressure for the 
fixed exit areas. The predicted bleed mass flow and plenum pressure recovery is at the intersection 
of these two sets of curves. Predicted bleed system performance at two inlet conditions is shown: 
(1) at critical conditions just before the inlet unstarts; and (2) at the operating condition where 
there is a resistance to  inlet unstart caused by a decrease in the engine airflow demand (Aw = 0.05). 

For the forward bleeds, predicted performance does not vary because the terminal shock wave 
was not expected to influence pressures in these regions. For the mid bleed on the cowl, the  
terminal shock wave was expected to feed forward through the boundary layer at critical condi- 
tions; hence, a slight increase in bleed was predicted. For the throat bleeds, the surface Mach 
number was expected to vary between about 0.75 and 1.25, so that a larger change in bleed was 
predicted. The increase in total bleed from operating to  critical conditions w's predicted as 0.023. 
Thus, the remainder of the resistance to  inlet unstart at the operating point will result from an 
increase in total pressure recovery at the engine face as the terminal shock wave moves upstream. 

MEASUREMENT TECHNIQUES AND ACCURACY 

Parameter 

P t l P t ,  

P' t lPt ,  

Apt2 

Accuracy 

k0.0 10 

k0.002 

k0.02 

k0.10" 

k0.2 

k0.005 

kO.0 10 (transonic 
test only) 

The measurement techniques and accuracies of all parameters except mass-flow ratio have been 
established from many similar tests at the Ames Unitary Plan Wind Tunnels. The accuracy of the 
bleed mass flow ratio was established from bench calibrations where the mass flow was measured as 
a function of the bleed exit plenum pressure for the spectrum of pressures encountered in the wind 
tunnel. 
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At transonic Mach numbers, the capture mass flow was calculated from static and total 
pressure measurements at the throat. This method was used successfully for the inlet model 
reported in reference 3. The earlier model had four rakes mounted 90” apart whereas one rake was 
used for the present model. This modification was deemed sufficient, based on results from the 
earlier tests. 

RESULTS AND DISCUSSION 

n e  principal performance parameters considered in this investigation are total-pressure 
recovery and total-pressure distortion at the engine face as a function of bleed mass flow at 
supersonic Mach numbers, and as a function of mass flow at the engine face at transonic Mach 
numbers. At supersonic Mach numbers, mass flow at  the engine face with the inlet started is the 
difference between the capture mass flow and the bleed mass flows; inlet capture mass flow is 
shown in figure 10 as a function of centerbody position. The discussion is presented in three 
subsections: (1 )  the comparison of experimental results with analytic predictions; (2) the effect of 
alteration of the bleed and vortex generator configuration on performance; and (3) a comparison of 
performance between the present inlet and the previous inlet reported in reference 3. All of the 
results are for 0” angle of attack. 

The data in this report are only a small sampling of that obtained during testing. Additional 
data not included in this report are included in reference 2. A listing of the model configuration 
parameters is shown in table 5 .  

Analytical and Experimental Performance with the Predicted Bleed Configuration 

The feasibility of designing a supersonic diffuser using only inviscid calculations and allowing 
the bleed system to compensate for the displacement thickness of the boundary layer can be judged 
by comparing the experimental centerbody positions where the inlet chokes and unstarts with the 
calculated positions for an inviscid choked throat. These comparisons are shown in figure 1 1 at  Mach 
numbers 2.5 and 2.6. The experimental position was measured with the terminal shock wave well 
downstream of the throat; hence it did not influence the experimental results. The agreement is 
good for configuration 1 at Mach number 2.60. However, a t  Mach number 2.50, the inlet 
unstarted at Ax/R = 0.273; at this centerbody position, there is a “gap,” as described in Bleed System 
Design, in the centerbody plenum 3 bleed (see fig. 4). When the schedule was altered to  eliminate 
the “gaps” (configuration 2), the choked centerbody position was much closer to the calculated 
position of Ax/R = 0.233. As a result, this altered schedule was used for the remainder of the test. 

These experimental results (fig. 11) also show centerbody positions where the freestream Mach 
number could be decreased by 0.05 without requiring control action to  prevent inlet unstart. That 
is, the inlet will remain started in the region above the line in figure 11 ; therefore, if the inlet is 
operated at Mach number 2.65 with the centerbody position for inlet unstart at Mach number 2.60, 
the Mach number can decrease by 0.05 without unstarting the inlet. This Mach number decrease is 
called the Mach number tolerance. A tolerance of 0.05 was considered sufficient to avoid inlet 
unstart for almost all sudden Mach number changes in flight caused by disturbance such as gusts. (In 
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the wind tunnel the Mach number could only be changed slowly, whereas in flight, it changes 
rapidly.) Therefore, most results in this investigation were recorded at centerbody positions (con- 
traction ratios) where the Mach number tolerance was 0.05. 

The principal performance parameters of total-pressure recovery and total-pressure distortion 
at the engine face as a function of bleed mass flow are plotted in figure 12 for configuration 2 at 
Mach numbers 2.65 and 2.50. Critical pressure recovery is approximately 93 percent for both Mach 
numbers and the distortion is approximately 10 percent. However, inlets are not normally operated 
at critical conditions because some stability margin, Aw, is required to prevent the inlet from 
unstarting due to sudden decreases in engine airflow demand that cannot be accommodated soon 
enough by action of the inlet control system (e-g., extending the centerbody and/or opening 'the 
bypass doors). If the inlet is operated with the terminal shock wave downstream of its critical 
position, there is a stability margin because the increase in bleed and pressure recovery that occur as 
the terminal shock wave moves upstream compensates for a decrease in engine airflow demand. An 
operating condition where the stability margin is 0.05 is shown in the figure. Distortion is relatively 
high at this condition while bleed mass flow is considered to  be low to moderate for the indicated 
pressure recovery. 

Another important parameter, the inlet angle of attack for incipient unstart (au), is shown for 
Mach number 2.65 (fig. 12). This parameter indicates the angle of attack range from 0" over which 
the inlet will remain started without inlet control action (fixed geometry). This range increases from 
no tolerance at  critical pressure recovery to a limiting value of 2.0" at a pressure recovery of 
89 percent or lower. The au range at  Aw = 0.05 will be less than 2", which is considered to be a 
minimum requirement for most transport missions. The asymmetry between positive .and negative 

geometry, or a combination of all of these items. 
aiigles ~ ~ u l i ;  be tdiie i n  a dighi streaiii iiiigie iii the w-iiid tuiiiiel, i i ~ ~ m m ~ i i i c  "v& i i i~del  

The bleed mass flow through each isolated plenum or duct is shown in figure 13 for the 
configuration just discussed. The data show the bleed regions that contribute to the inlet stability 
margin: At Mach number 2.65 only the throat bleeds change as the terminal shock wave moves 
upstream, while at Mach number 2.50, there is at least a small change in bleed in cowl plenum 2. 

Experimental bleed rates are compared with the analytic predictions in figure 14. (The predic- 
tions are repeated from figure 9.) Experimental results are shown at critical conditions and with a 
stability margin A w of 0.05. Note that the experimental bleed rates for a stability margin of 0.05 
are not actual data points but are interpolations from the previous figure. The experimental bleed 
rates and plenum pressures are less than predicted for the forward bleed regions on both cowl and 
centerbody. The experimental bleed rates and plenum pressures were quite close to  predictions for 
the mid bleed region on the cowl. However, there was no change in this bleed from the operating to 
the critical condition, as was expected from the tests of reference 3. The experimental bleed rates 
and plenum pressures in the throat were close to predictions for the centerbody and somewhat ,low 
for the cowl. However, the change in experimental bleed from operating to critical conditions was 
in good agreement with predictions for both the cowl and centerbody. Overall, the measured change 
in total bleed mass flow from the operating to the critical point was 0.019, only 0.004 less than the 
predicted value of 0.023. 

As previously mentioned, predictions of bleed rates were based on local total pressures. Since 
predicted and experimental local total pressures were in good agreement for the previous inlet 
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(ref. 3), they were assumed to  be in good agreement for the present inlet and hence, not a cause of 
differences in predicted and experimental bleed rates. The difference between predicted and experi- 
mental surface static pressure distributions, however, can be used to  explain the differences between 

which is used t o  select the proper flow coefficient for the bleed holes. These pressures are com- 
pared at Mach number 2.65 in figure 15. Experimental results are shown at critical conditions and 
for the operating condition (data point on fig. 12 nearest A w  = 0.05). The predictions are for 
supersonic flow only and do not allow for the pressure rise through the terminal shock wave. Also 
shown are sketches of the inlet contours, the predicted internal shock structure, and the bleed sys- 
tem. Pressures at the forward bleeds on both surfaces are in good agreement with theory; therefore, 
the flow coefficient used for these bleed predictions should be correct. Pressures at the mid cowl 
bleed are lower than predicted at the operating condition. The Mach number is, therefore, higher 
than predicted and the flow coefficient used for this bleed prediction is too high. In the throat, 
selection of the proper flow coefficient requires accurate estimation for the location of the terminal 
shock wave. It was expected to  be at x /R  4.25 to 4.30 for the operating condition and at 
x / R  ‘v 4.1 to 4.15 for the critical condition, based on results from the previous inlet (ref. 3). For 
the prediction of bleed rates, the pressure rise through the terminal shock wave was assumed to  be 
sudden and sharp as opposed to  the more gradual rise seen experimentally. (Experimentally, the 
terminal shock wave is assumed to  be located in the region of large pressure rise from supersonic to 
subsonic flow (e.g., x / R  = 4.17 to  4.26 at  critical conditions on the cowl).) Thus, it is less likely 
that the proper flow coefficient was selected for the throat bleed than it was for the forward bleed 
calculations. 

I predicted and experimental bleed rates since they are an indication of the surface Mach number 

I 

The ratio of bleed hole length to  diameter is another factor that can also affect the flow 
coefficient of the bleed holes and hence, the calculation of bleed rates (ref. 6). Flow coefficients for 
all bleed predictions were based on a ratio of 3, while the actual ratio was 5 for the number 
1 plenum on both scrfaces. Hence, the experimental flow coefficient was less than expected. 

The pressure distributions in figure 15 show that the pressure rise through the terminal shock 
wave at critical conditions is “sharper” on the cowl than on the centerbody. That is, on the cowl 
the pressure rise occurs from x / R  = 4.17 to  4.26, while on the centerbody it occurs from 
x / R  4.05 to 4.25 or twice the distance. The sharper rise on the cowl indicates better control of 
the boundary layer on this surface. Bleed at the foot of the terminal shock wave at x / R  ru 4.05 to  
4.10 on the centerbody might have provided better control of the centerbody boundary layer at 
critical conditions. At the operating point, there is bleed at the “foot” of the terminal shock wave, 
x / R  = 4.2, and the pressure rise occurs over approximately the same distance on both surfaces. 

I 

I Experimental Performance With Different Bleed and Vortex Generator Configurations 

Different bleed and vortex generator configurations were tested in an effort to  improve the 
overail performance. A summary of the performance at Mach number 2.65 for different bleed 
configurations is shown in figure 16. The diffcrences in these configurations are shown in table 5. 
Total. pressure recovery and distortion at  the engine face and the corresponding bleed mass flow is 
shown at critical conditions and with a stability margin Aw of 0.05. The centerbody position 
where the inlet unstarts at Mach number 2.60 is also shown. These positions are significant because 
i f  the inlet is operated at these positions or  at greater positive values of Ax/R at Mach 

I number 2.65, the Mach number tolerance is at least 0.05. The different configurations resulted in 
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only small differences in performance, although with configuration 7, the inlet had a Mach number 
tolerance greater than 0.05 at the design centerbody position of Ax/R = 0. For this reason, the 
bleed pattern for configuration 7 was used for all later configurations. Configuration 9 was the same 
as 7 except that the exit area for cowl plenum 1 was reduced. Since this reduced area increased the 
operating plenum pressure recovery, it was used for configurations 10 through 18. 

Various vortex generator configurations were investigated for the bleed pattern of 
configuration 7 (see table 4). These results are shown in figure 17(a) for Mach number 2.65. Note 
that the bleed exit areas are not the same for all configurations (table 5), although for each of the 
three pairs of configurations shown, the areas are equal. The performance at the engine face with 
small and large cowl vortex generators (configurations 9 and 10) shows that at and near critical 
conditions, small cowl generators are better since total-pressure recovery is higher for the same 
bleed mass flow. At a stability margin of 0.05, however, the performance is nearly the same because 
the trade of bleed versus pressure recovery is about equal. The performance with centerbody vortex 
generators located forward and aft (configurations 1 1 and 13) shows that the aft location is slightly 
better at a stability margin of 0.05 because bleed is about the same while pressure recovery is 
slightly higher. For the two comparisons just discussed, distortion is near 10 percent or less for a 
stability margin of 0.05 or  less. The performance with and without cowl vortex generators (configu- 
rations 18 and 13) shows that at and near critical conditions, pressure recovery and distortion are 
higher at a fixed bleed mass flow without cowl generators. However, when operated with a stability 
margin of 0.05, cowl vortex generators significantly increase pressure recovery and lower distortion. 
Overall, the performance is highest with aft located centerbody vortex generators and small cowl 
vortex generators (configuration 9). However, the configuration used for testing at lower Mach 
numbers was configuration 18, which did not have cowl generators because previous experience 
indicated that they were detrimental to  the transonic performance (ref. 3). At Mach number 2.50 
(llg. I / ( u j j ,  LIK ozsi rurtex gerieraior coniigurarion was rne same as that tested at Mach number 
2.65 (cd igura t ion  9). HOWCVC~, the perforiliaiice wiil iuui cowl vortex generators was siightiy 
better at Mach number 2.50 than at Mach number 2.65. 

/C.- 1 7 / 1 - \ \  -1. - 1 

It was previously mentioned that a t  any given centerbody position there were many open but 
inactive centerbody bleed holes. It was not expected that inactive holes in the subsonic diffuser 
would cause performance penalties, although this assumption was not verified experimentally. 
However, inactive holes in the supersonic diffuser were expected to  reduce the performance because 
of surface roughness. This expectation is verified for Mach number 2.65 in figure 18, where the 
performance at the engine face is shown with the holes in centerbody plenum 3 alternately open and 
closed. At critical conditions, pressure recovery was about the same and the corresponding bleed 
mass flow was slightly higher with the inactive holes open. With a stability margin of 0.05, pressure 
recovery was again about the same for both configurations; however, bleed mass flow was higher 
with the inactive holes open. (The small difference in centerbody position for the two configura- 
tions was thought not to  have caused the difference in performance.) Unfortunately, these holes 
were needed for boundary-layer removal at lower Mach numbers and thus had to  be open. It is 
possible that the trade of pressure recovery for bleed would have been favorable if the inactive holes 
had bled at Mach number 2.65; however, this was not possible because of model limitations. 

Performance Comparison With a Previous Inlet Model (Ref. 3) 

The “cut and try” bleed hole configuration of the previous inlet and the predicted configura- 
tion of the present inlet are shown in figure 19. The bleed configurations are shown for Mach 



number 2.65 and the design centerbody position of Ax/R = 0; it should be noted that the super- 
critical bleed rates at Mach number 2.65, with the terminal shock wave well downstream of the 
throat, were nearly the same on each surface for the two systems. The previous inlet had two 
isolated bleed plenums on the cowl, whereas the present model has three. On the centerbody, each 
model had two isolated bleed plenums. In addition, the bleed holes of the previous model were 
twice the diameter of the holes in the present inlet model. Moreover, all holes on the previous 
model were drilled normal to the surface and the length to  diameter ratio ( I / &  was the same for 
all holes. 

Another important difference between the two models was in the “schedule” of bleed with 
centerbody translation. The schedules for the two inlets are compared in figure 20. The Mach 
numbers and corresponding centerbody positions where data were obtained are also indicated. At 
the centerbody position indicated for each Mach number in the present model, the Mach number 
tolerance was not measured; the indicated bleed locations and centerbody positions gave the best 
performance. Note that for the previous model, all bleed was considerably upstream of the throat at 
some Mach numbers, while on the present model, there was always bleed downstream of the throat. 
In addition, the centerbody positions at lower Mach numbers were, different in some cases. Another 
important difference was that all bleed holes were always open for the present inlet while the 
inactive holes were filled with dental plaster and sanded smooth for the previous inlet. Therefore, 
the effect of open but inactive holes on performance is not known for the previous inlet. 

The vortex generators were also different for the two models. The configurations that gave the 
best performance at Mach number 2.65 are shown in table 4 (indicated as initial configuration for 
the present model). The generators differed in size, shape, and spacing but the axial location on the 
cowl and centerbody were about the same. Note that the dimensions are expressed as ratios to  the 
capture radii, which were different for the two models (see symbols). 

A comparison of the supercritical performance for the two inlets at Mach number 2.65 is 
shown in figure 21. Both models have about the same Mach number and angle of attack tolerance as 
well as nearly the same supercritical bleed flow with the terminal shock wave well downstream. 
Pressure recovery and bleed mass flow are higher for the previous model at critical conditions 
because, as will be seen later, the terminal shock wave is further upstream and the bleed increases in 
the forward bleed regions. At Aw = 0.05, pressure recovery is higher for the previous model but at 
the expense of higher bleed flow. At both conditions, the trade of bleed versus pressure recovery is 
considered only slightly favorable for the previous inlet model. Perhaps the greatest difference is in 
the distortion, which is lower for the previous model over a larger operating range. 

If the performance comparison is made in terms of bleed versus pressure recovery, the present 
inlet is better over the bleed mass flow range 0.055 o t  0.065. However, the inlet has a lower 
stability margin over this range because the change in both bleed and pressure recovery is less as the 
terminal shock wave moves upstream toward critical conditions. For instance, at a bleed mass ilow 
of 0.056, the pressure recoveries and stability margins are 0.91 1 and 0.038 versus 0.907 and 0.058 
for the present and previous models, respectively. Most of the relatively small change in bleed for 
the present model, from mbl/m, = 0.056 to  critical conditions, is caused by a relatively small 
change in centerbody bleed. This observation is verified by the comparison of the supercritical bleed 
flows through the individual plenums shown in figure 22. Note that changes in bleed in all plenums 
contributed to the stability margin for the previous inlet while only the throat bleed changed for 
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the present inlet. Nevertheless, the total change in cowl bleed from the supercritical operating 
condition (total bleed = 0.056) to critical conditions, is comparable for the two inlets (0.01 1 and 
0.0 12). The total change in centerbody bleed, however, is considerably greater for the previous inlet 
(0.012 versus 0.0045). The expected trend in the centerbody throat bleed for the present inlet is 
indicated by the dashed line. If the centerbody bleed had followed this line, the bleed at pressure 
recoveries of 90 to 91 percent would have been near the minimum supercritical value of 0.008. This 
process, in turn, would have increased the change in centerbody throat bleed from operating t o  
critical conditions and hence, would have increased the stability margin. Put in other terms, the 
total bleed at a stability margin of 0.05 might have been less with no decrease in pressure recovery. 

The centerbody throat bleed did not follow this expected trend because at  a pressure recovery 
of 90 to 91 percent, the terminal shock wave was further upstream than expected. This result is 
shown by the comparison of centerbody static pressure distributions in figure 23(a). A sketch of the 
contours and bleed systems of the two inlets is also shown. At a pressure recovery of 90  to  
91 percent for the present inlet, the terminal shock wave is located between the pair of rows of 
throat bleed holes ( x / R  a 4.25), whereas it was expected to  be nearer x / R  = 4.30, However, pres- 
sure recovery is only about 88 percent when the terminal shock wave is near this latter location. If 
the throat bleed had been concentrated near x / R  = 4.2, as it was for the previous inlet, a change in 
throat bleed might have been delayed to  a higher pressure recovery. Another factor influencing the 
change in centerbody bleed is the location of the terminal shock wave at critical conditions. At this 
condition, the terminal shock wave influences pressures considerably upstream of its actual loca- 
tion. For the previous inlet, the pressures changed over the open forward centerbody bleed holes 
(x /R  4.1) and naturally this bleed increased at critical conditions. On the present model, there 
were no bleed holes open at x / R  x 4.1 ; active bleed holes might have increased the critical bleed 
flow. 

Simi!ar comparisons of sur f ice presswe distributions on the cowl are shcwn in f ig~re  23fb). At 
critical conditions the terminal shock wave boundary-layer interaction increases the pressure 
upstream of the terminal shock but not t o  the extent that it did on the centerbody. This observa- 
tion indicates that the boundary layer is thinner on  the cowl than on the centerbody. This situation 
might be expected since the forward cowl bleed mass flow is greater than the forward centerbody 
bleed mass flow for both models. For the previous inlet, the pressures increase over some of the 
forward bleed holes as the terminal shock wave nears its critical location and therefore, the forward 
bleed increases. For the present inlet pressures in this region did not increase and as a resiht, the 
forward and mid-cowl bleeds were constant for all positions of the terminal shock wave. 

The relatively low pressure recovery at and near critical conditions for the present inlet (see 
fig. 21), is attributable to relatively low recovery near the centerbody. This is shown by the radial 
total-pressure profiles at the engine face in figure 24. The average of pressures measured at a fixed 
radius are shown for a supercritical point where the bleed mass flow is the same for the two inlets 
(rn&n, = 0.056), and for the critical points (rnbl/rn, unequal). Also shown is a curve of the 
incremental pressure recovery for each inlet between these two operating conditions. For the 
previous inlet, pressure recovery increases radially across the entire duct from supercritical to  
critical conditions. For the present inlet, however, pressure recovery is nearly constant near the 
centerbody for the two conditions shown. In fact, at r /R  = 0.545, the pressure recovery at critical 
conditions is less than at supercritical conditions (the increment is negative), and the boundary layer 
near the centerbody may be on the verge of separation since the total pressure at r /R = 0.43 is only 
slightly higher than the surface static pressure. 
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Calculation of boundary-layer profiles was a necessary part of the analytic methods used to  
design the bleed system. Predicted profiles of boundary-layer pitot pressure on the cowl are com- 
pared with experimental results in figure 25. Note that the predictions are only for the present inlet; 
predictions would be different for the previous inlet (ref. 3) because the bleed system is different. 
In addition, the experimental results for the present inlet are for configuration 18, but the differ- 
ence in bleed hole location between these configurations is small (see table 5). The theoretical and 
experimental boundary layer heights are in good agreement upstream of all bleed regions 
(x/R = 3.60). However, experimentally measured pressures are lower than predicted. At 
x/R = 3.95, the boundary layer is slightly thicker and the pressures in the boundary layer are lower 
for the previous than for the present inlet. Note that the station for these measurements was in a 
region of bleed holes in cowl plenum 1 for the previous inlet and downstream of the bleed holes of 
cowl plenum 1 for the present inlet (see figure 19). At x/R 4.1 5, the profiles for the two inlets 
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are similar. However, the boundary layer is thicker than predicted. Note that this station is between 
cowl plenums 2 and 3 for the present inlet but is near the aft edge of cowl plenum 1 for the 
previous inlet. These results are typical and clearly indicate a need to  improve the methods to  
predict the boundary-layer characteristics in such inlet systems. 

i 

Most of the previous discussion compared results at the design Mach number of 2.65. Compari- 
sons at off-design Mach numbers are also needed to  complete the evaluation of inlet performance. A 
comparison of the performance of the two inlet systems at offdesign supersonic Mach numbers is 
shown in figure 26 for the bleed schedules shown in figure 20. Total-pressure recovery and distor- 
tion at the engine face, the corresponding bleed mass flow, and the centerbody position are shown 
at critical conditions and with a stability margin of 0.05. Note that the data for the present inlet are 
for configuration 18 (vortex generators only on the centerbody). This was not the best configura- 
tion based on the performance at Mach number 2.65 (see fig. 17), but was used for reasons previously 
discussed. In addition, results without vortex generators are shown for the previous inlet because 
the generators caused rather severe performance penalties at off-design Mach numbers. Pressure 
recovery is higher both at critical conditions and at  the operating point for the previous inlet, while 
bleed is about the same or slightly higher. Distortion is about the same for both inlets at the 
operating point while at critical conditions, it is lower for the previous inlet. At the operating point, 
distortion is relatively high for both inlets. Overall, the performance at  offdesign supersonic Mach 
numbers is better for the previous than for the present inlet. However, the offdesign supersonic 
performance of the present inlet would probably have been better with vortex generators on both 
cowl and centerbody, while the performance of the previous inlet would probably have been lower 
with a traveling bleed system that had “open but inactive” holes in the supersonic diffuser. This 
observation means that for two operational systems, the differences in performance would not be as 
great as shown. Moreover, a t  Mach numbers 1.6 to  1.8, the bleed mass flow of the present inlet is 
only 0.01. This result was at least partially due to  a recirculation of the centerbody bleed flow, as 
discussed in reference 2. The performance would probably have been considerably better had the 
recirculation not been present and had the bleed rates been higher. 

, 
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A comparison of the performance of the two inlets at Mach numbers 0.8 to  1.4 is shown in 
figure 27. Total-pressure recovery and distortion at  the engine face are shown as a function of mass 
flow at the engine face. Also shown is the bleed mass flow for the present inlet. Note that the bleed 
exits were closed for the previous inlet so that all the capture mass flow would be available at the 
engine face. Also, the vortex generator configurations were the same as at off-design supersonic 
Mach numbers. At the only common Mach number, A I ,  = 0.8, maximum mass flow at the engine 
face was higher for the previous than for the present inlet. This result was expected because the 



bleed exits were closed for the previous inlet. However, an inlet will not normally oeprate at 
maximum mass flow because of relatively low pressure recovery and high distortion. If operated at 
reduced mass flow, say rn,/m, = 0.57, pressure recovery is higher and distortion is lower for the 
present than for the previous inlet. In fact, at all reduced mass-flow ratios, pressure recovery is 
higher and distortion lower at a given mass flow ratio for the present inlet. At Mach numbers 0.95 
and 1.0, the result is the same. (The two Mach numbers indicated are considered close enough for 
direct comparison.) At Mach numbers 1.1 to 1.4 (fig. 27(b)), direct comparisons are not made 
because of the differences in test Mach numbers. 

CONCLUDING REMARKS AND RECOMMENDATIONS 

A large-scale model of an axisymmetric inlet system was tested from Mach numbers 0.8 t o  
2.65. The inlet bleed system was designed using a relatively new design procedure (ref. 1). The inlet 
performance was measured at Mach number 2.65 with the predicted bleed configuration and a 
number of variations. Additionally, different vortex generator configurations were investigated at 
Mach numbers 2.65 and 2.50. The performance was compared with predictions and with the 
performance of a previous inlet system with the same internal contours but with a bleed system 
developed by “cut and try” methods in the wind tunnel. The important results from this investiga- 
tion are discussed below. 

Inlet With the Predicted Bleed Configuration 

i .  At critical conditions at  Mach number 2.65, total-pressure recoverv at the engine fzce was 
93 perceiii with a bleed mass-flow ratio of 0.075 and a total-pressure distortion less than 
10 percent. Small changes to  this bleed system caused only small performance changes. 

2. Experimentally measured bleed-mass flows were in good agreement with analytic predic- 
tions, as evidenced by results at Mach number 2.65 which show that the change in bleed mass-flow 
ratio from a supercritical to  the critical operating condition was only 0.004 less than the predicted 
change of 0.023. 

3. “Gaps” in the schedule for the forward centerbody bleed system caused relatively poor 
performance and terminal shock wave instability at centerbody positions where a “gap” prevented 
bleed. Performance was improved by a simple alteration of the bleed schedule which removed these 
“gaps” (see fig. 4). 

4. Vortex generators on both cowl and centerbody gave the best performance at Mach 
numbers 2.65 and 2.50. 

5. There were “open but inactive” bleed holes in the supersonic diffuser which caused 
performance penalties at Mach number 2.65. 
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Performance Comparison With the Inlet Having a Bleed System 
Developed With “Cut and Try” Methods 

6. At critical conditions at Mach number 2.65, total-pressure recovery and the bleed 
mass-flow ratio were higher for the inlet with the “cut and try” bleed system. However, over a range 
of supercritical operation from bleed mass flow ratios of 0.055 to  0.065, total-pressure recovery was 
higher for the inlet with the “predicted bleed” configuration. 

7.  At off-design supersonic Mach numbers, pressure recovery was higher and the bleed 
mass-flow ratio generally about the same for the inlet with the “cut and try” bleed system. 
Distortion was high for both inlets. 

8. At transonic Mach numbers and a constant massflow ratio a t  the engine face, pressure 
recovery was higher and distortion lower for the inlet with the “predicted” bleed configuration. 

9. No differences in performance were found that could be traced to the difference in size of 
the bleed holes. 

10. No single configuration of vortex generators was found for either inlet model that reduced 
the total-pressure distortion at the engine face to  an acceptable level throughout the Mach number 
range. 

Recommendations 

The results of this and the previous investigation (ref. 3) revealed some weaknesses in the bleed 
system design procedure as well as some areas for inlet performance improvement not covered by 
the analytic methods. Some of the recommendations are listed below. 

1.  The methods for computation of the boundary layer underpredict the boundary-layer 
thickness and overpredict the pitot pressures within the boundary layer (fig. 25). Therefore, better 
methods for these computations are needed, contrary to the conclusions of reference 2. 

2. Additional data are needed on the performance of bleed holes to  permit realization of the 
full benefits of the bleed system design procedures used in this study. In particular, there are 
insufficient data on the effort of hole size, hole slant angle, and the ratio of hole length to diameter. 
In addition, the effect of approach boundary layer on the flow coefficients needs to  be determined. 

3. Traveling bleed systems should be designed to provide boundary-layer removal contin- 
uously as a function of the centerbody position. For example, gaps which are present in the forward 
bleed schedule (fig. 4) should be avoided. 

4. The forward bleed region should be active at  all centerbody positions as they were for the 
inlet of reference 3 (see fig. 20) because open but inactive holes in the supersonic diffuses caused 
performance penalties (see fig. 18). 
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5 .  As the terminal shock wave moves from an operating to  a critical condition, the increase 
in bleed mass flow and hence the inlet stability margin would be greater if a larger area of the 
porous wall is affected. This possibility would be enhanced if the forward bleed (fig. 19) were 
located closer to  the throat bleed regions and if not too great a portion of the boundary layer is 
removed in the upstream bleed regions. This modification would allow the effect of the pressure rise 
at the terminal shock wave to  feed forward of the terminal shock location. 

6. The best vortex generator configuration might be a system that could be “weathervaned” in 
supersonic flow and pitched mechanically in subsonic flow where the generators do reduce 
distortion. 

Ames Research Center 
National Aeronautics and Space Administration 

Moffett Field, Calif., 94035, Jan. 9, 1973 
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TABLE 2.- CENTERBODY BLEED HOLES 

Row 
location, 

XIR 

Holes 
Per 
row 

'lenum 
Row Holes 

angle to 
row surface, 

deg 

Row location, Per 
XlR .. 

39 4.680a 
40 4.696a 
41 4.712 
42 4.728 
43 4.770a 

282 90 

l 2  

I 3  

50 4.908 
51 4.?50a 
52 4.966a 
53 4.982 
54 4.998 
5 5  5.040a 
56 5.056a 
57 5.072 
58 5.088 
59 5.130a 

262 90 

256 90 

- 
Row 

- - 
1 
2 
3 
4 
5 
6 
7 
8 
9 

I O  
11  
12 
13 
I4 
I 5  
16 
17 
18 
19 
20 
21 
22 

24 
25 
26 
27 
28 
29 
30 
31 
32 
33 
34 
35 
36 
37 
38 

- 

- 

- 

- 
?? -- 

- 

- 

- 

- 

Hole 
angle to 
surface, 

deg 

20 

Hole 
:ngth to 
Iiameter, 

Ild 

1.8 

Hole 
length tc 
diameter 

lld 

5 .o 

3.700 
3.732 
3.764a 
3.796a 
3.828a 
3.860a 
3.920 
3.934 

213 

4.786a 
l o  I :: 1 4.802 1 276 1 90 1.8 

3'948 I 219 3.976a 40 

40 

90 

~. 

90 

3 .O 

3.0 

1.8 3.990a 

4.062 
1.8 4.076 

4.1 12a 

1.8 

4.216a 
4.232 I 300 1.8 

I X  

4.316a I 
4.332 I 300 1.8 

-%%+-- I .8 

4.422 4.406a I 296 90 1.8 

1.8 

1.8 

1.8 1 
74 5.438 

90 

90 

4.522 
4.538 
4.580a 

4.612 

1.8 

8 

4.628 

Note: d/R = 0.00639 for all holes 

aRows open, predicted bleed configuration 
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TABLE 3.- COWL BLEED HOLES 

20 

Plenum 

1 

2 

3 

Row 

1 
2 
3 
4 
5 
6 
7 
8 
9 

10 
11 
12 
13 
14 
15 
16 
17 
18 
19 
20 
21 
22 
23 
24 
25 
26 
27 
28 
29 
30 
31 
32 

Row 
location, 

X,lR 

1.275 
1.307 
1.339 
1.371 
1.403 
1 .43sa 
1 .467a 
1.499 
1.531 
1 .563a 

1.675 
1.685 
1.71Sa 
1 .72Sa 

1.765 
1.825 
1.835 
1 .84Sa 
1 .855a 
1 .86Sa 
1 .87Sa 
1 .88Sa 
1 .89Sa 
1 .905a 
1.91 5 
1.925 
1.935 
1.945 
1.955 
1.965 

1 .59sa 

1 .75sa 

Note: d/R = 0.00639 for all holes 

aRows open, predicted bleed configuration 

Holes 
per row 

~ 

273 

360 

400 

Hole angle 
to surface, 

den 

20 

40 

90 

lole length 
3 diameter, 

1 Id 

5 .o 

3 .O 

1.8 



TABLE 4.- VORTEX GENERATOR CONFIGURATIONS 

Station, Size No. of Spacing, 
D esig na t i on X/R H/R L/R pairs a/b 

Aft 4.77 .051 I .I022 12 2.3 

Forward 4.62 .0511 .I022 12 2.3 

Initial - configuration 

Cowl 

Vortex generator pair 

QFIow 

No. of F / R ’ =  0.05 t b ]  )320 Station pairs a/b 
’y Centerbody X/R’= 4.75 24 1.0 

cow I X~/R’=2.325 34 1.0 
L/R‘= 0.075 

-a- 
\ 

Previous inlet model (ref. I) 
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Figure 4. - Centerbody bleed schedules. 
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Figure 16. - Performance for various configurations, M, = 2.65, (31 = O o ,  
AM = 0.05. 
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Figure 20.- Comparison of centerbody bleed schedules. 

43 



Ax/R AM 

Present i n l e t - 0  Configuration 2 0.015 0.05 
Previous in l e t -0  Configuration B-1 q . 0 2 6  0.06 

Vor tex  generators as  per tab le  4 

94 

90 

.86 

.82 

.20 

.10 

0 
.04 05 .06 07 .08 09 

%lhJ 
Figure 21.- Supercr i t ica l  performance comparison; M, = 2.65, = OO. 
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Figure 26.- Performance comparison at off-design supersonic Mach numbers; 
a = oo. 
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